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SUMMARY 


An investigation was conducted in the Langley high-speed 7- 
10-foot tiinnel to determine the rolling stability derivatives of two 
wing -body configurations having triangular wings . One wing had a 
leading-edge sweep angle of 45°, an aspect ratio of 4, and an NACA 65AOO6 
airfoil section. The second wing had a leading-edge sweep angle of 6o°, 
an aspect ratio of 2-51, and an NACA 65AOO5 airfoil section. The results 
from the 45° (6-percent-thick) wing indicate an appreciable loss of 
damping in roll Cj at the higher test angles of attack, and particu- 


larly' at the higher Mach numbers . 


values of damping in roll 




However^ no negative damping ^positive 


vas encountered within the ranges of 


variables covered in the tests. Negative damping at values of wing-tip 
helix angle ~ near zero was encoimtered with the 6o^ (3-percent-thick) 


wing at a Mach number of O.85 and at angles of attack above 10.5^; how- 
ever^ this negative damping was eliminated by notches in the wing leading 
edge at the 60-percent-semispan station. 


Semiempirical methods are developed herein for estimating the deriv- 
atives Cj (rolling moment due to rolling), Cn_ (yawing moment due 

to rolling), and Cy (lateral force due to rolling) through the test 

.r 

angle -of -attack range. Predictions based on these methods are in good 
agreement with experiment for the two triangular wings over the angle- 
of -attack range and Mach number range investigated. 
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INTRODUCTION 


The present investigation is a continuation of a program being con- 
ducted in the Langley high-speed "J- hy 10-foot tunnel to determine the 
effects of wing geometry on the rolling stability characteristics of 
wing-body combinations at Mach numbers up to 0.95* Reported herein are 
results for two wing-fuselage combinations having triangixlar wings along 
with a semiempirical method for estimating Cnp and Cyp throxigh the 

test angle-of-attack range. One wing had a leading-edge sweep angle 
of 6o°, an aspect ratio of 2.^1, and an NACA 65 AOO 5 airfoil section. 

The other wing had a leading-edge sweep single of 14-5°, an aspect ratio 
of 4, and an NACA 65 AOO 6 airfoil section. Tests at selected angles of 
attack were repeated for the 6o° triangular wing with notches in the 
leading edges of the wing at the 6 o-percent-semispan station. The loca- 
tion of the notch was determined from unpublished low-speed data on a 
45 ° swept wing. 

The longitudinal and lateral stability characteristics of the 6o° 
and 45 ° triangular wings are presented in references 1 and 2, respec- 
tively, and the damping in roll C^ for the 6o° wing at a Mach number 

of 0.85 is presented in reference 5- Body-alone characteristics in pitch 
and sideslip are presented in references 4 and 5^ respectively. 


SYMBOLS 


The stability system of axes used for the presentation of the results, 
together with an indication of the positive forces, moments, velocities, 
and angles, is presented in figure 1. All moments are referred to the 
projection of the quarter-chord point of the wing mean aerodynamic chord 
on the fuselage center line . 

C^ rolling-moment coefficient, Rolling moment 

^ qSb 


C„ yawing-moment coefficient. Yawing moment 

qSb 


lateral-force coefficient. Lateral ^orc e 

qS 




Drag 

qS 


dreig coefficient. 
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q 

p 

V 

M 


lift coefficient, 

qS 


dynamic pressure. 


2 ^, Ib/sq ft 


mass density of air, slugs/cu ft 
free-stream velocity, ft/sec 
Mach number 


R Reynolds number 

S wing area, sq ft 


b wing span, ft 


vr mean aerodynamic chord, ft 

a angle of attack, deg 

— wing-tip helix angle, radians 

2V 


C 7 = ^1. per radian 
2V 


"Hr 


2V 


per radian 



SCv 

per radian 

aEl 

2V 


MODEL AND APPARATUS 


A drawing of the models investigated is shown in figure 2. The two 
wings were constructed of 24S-T aluminum alloy: One wing had a leading- 
edge sweep of 60 °, aspect ratio of 2.31, and an NACA 65 AOO 3 airfoil sec- 
tion and the other wing had a leading-edge sweep of 45°, aspect ratio 
of 4, and an NACA 65 AOO 6 airfoil section. Location of the leading-edge 
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notch on the 6o° wing was determined from unpublished low-speed data on 
a 450 swept wing,. The wings were attached to the body in a midwing posi- 
tion. The geometric characteristics of the body are presented in ref- 
erence 4 . 

The models were tested on the forced-roll sting support shown in 
figure 5. Details of the operation of the roll sting and the technique 
of recording the data are discussed in reference 6. Various angles of 
attack were obtained by use of offset sting adapters in the sting behind 
the model (fig. 3). 

The forces and moments were measured on an internally moiinted elec- 
trical strain-gage balance. 


TESTS AND CORRECTIONS 


The forced-roll tests were made in the Langley high-speed 7- by 
10-foot tunnel through a Mach nmber range from 0.50 to 0.95, and through 
an angle -of -attack range from 0° to about 15°. Tests on the 6o° trian- 
gular wing were repeated at angles of attack of approximately 10.5° 
and 12.5° and at Mach numbers of 0.70, 0.80, O.85, and O.91 with notches 
in the leading edge of the wing at the 60-percent-semispan station. The 
variation of maximum test ^ with Mach number is presented in figure 4 

and the variation with Mach number of the mean test Reynolds number 
(based on the mean aerodynamic chord of the wing) is presented in fig- 
ure 5 for the two wing-fviselage configurations. 

The blocking corrections applied to the dynamic pressure and Mach 
number were determined by the velocity-ratio method of reference 7. An 
investigation of the jet-boundary corrections to the rolling derivatives 
by the method of reference 8 indicated that these corrections were negli- 
gible. Angle of attack and drag were corrected for jet boimdary effects 
by the method of reference 9. Tare tests were made at zero angle of 
attack with and without a simxilated offset coupling behind the model and 
the effects were found to be negligible . 

The data presented have been corrected for inertia forces and moments 
that were introduced as the model was rotated, consideration also being 
given to deflections of the entire support system under aerodynamic 
loads . The effects of wing distortion are believed to be small euid, 
therefore, the data presented have not been corrected to account for 
aeroelastic distortion. The angle of attack at the plane of symmetry 
has been corrected for the deflection of the model and support system 
under load. 
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RESULTS AND DISCUSSION 


The results of the investigation are presented in the figures as 
follows : 


Results 


Cl, 


eind Cy against 


pb 

2V 


Figure 

. . 6 


Cl-p, an<i Cyp, against a • • • • 7 

Ct against a at — » 0 and ± 0.06 8 

‘'P 2V 

Drag due to lift against a 9 

Cl against M 10 


CZp 

against 

a 

compared with 

calculations 

s 

against 

a 

compared with 

calculations 


against 

a 

compared with 

calculations 


15 


Figure 6 presents plots of Cj, C„, and Cy against ^ at two 

angles of attack (a = 10.5° and 12.5°) lor the 6o° ( 3-percent-thick) 
wing. The nonlinearities indicated for the clean-wing configuration 
occiirred only at these angles of attack and the data at lower angles of 

attack were linear over the ^ range investigated. The data for the 
45 ° (6 -percent -thick) wing were linear at all test angles of attack. 


Experimental Rolling Derivatives 

Rolling moment due to rolling .- The variation with angle of attack 
of the damping- in-roll derivative C 2 ,p> measured near zero values of 

is presented in figure 7(a) for the two configurations. The damping in 
roll Cjp at the lower Mach numbers shows reasonably good agreement 

with the low-speed wing-fiiselage data of references 10 and 11. The pres- 
ent results indicate a loss in damping for the 45° ( 6 -percent -thick) 
wing as the angle of attack is increased; however, the damping in roll 
for the 60 ° ( 5 -percent -thick) wing increases slightly with an increase 
in angle of attack up to about 8 °. Above 8 P the damping decreases some- 
what, and at a Mach number of O .85 a severe decrease is apparent with 
the configuration showing negative damping /positive values of Cj \ 
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above an angle of attack of about 10 . 5 °. This adverse rolling effect 

occurs only at values of near zero with a stable condition indicated 

2 V 

at higher rolling velocities (figs. 6(a) and 8). At an angle of attack 
of 10.5° (Tig* 6(a)), a small hysteresis loop is apparent near zero ^ 

for the 6o° clean-wing configxiration at a Mach number of O.85. (The 
data were obtained by rolling from the extreme negative values of 

to the extreme positive values of then back through the ^ range.) 

These nonlinearities and the hysteresis near zero ^ at these angles 

of attack may not greatly affect the controllability of a similar air- 
plane configiaration; however, these conditions may result in dynamic 
instability and wing-dropping problems in this region. These nonline- 
arities and the hysteresis are also indicated for an unswept wing having 
a taper ratio of 0.6 (ref. 3)* 

In an attempt to eliminate these unstable conditions indicated by 
Cl , the 60° wing was tested at angles of attack of 10-5° and 12.5° with 

a notch in the leading edge of the wing at the 60-percent-semispan sta- 
tion, since the data of reference 2 show that the notch eliminated a 
pitch-up that occiarred at about the same angle of attack. The results 
herein (figs. 6(a) and 7(a)) show that the notched configuration remained 

stable throughout the test 2^ range at these angles of attack. 


Yawing moment due to rolling .- The results presented in figure 7(b) 
show negative values of yawing moment due to rolling at angles of 

attack above about 10 . 5 ° Tor "the 6o° clean-wing configiiration at a Mach 
ntjmber of O.85. These negative slopes occur only near zero values of 

and the slope is about neutral or slightly positive at the higher 
2 V 

rolling velocities (fig. 6(b)). Positive values of Cn resulted when 

Ir 

the notch was added to the wing. Other than at angles of attack above 
10.5° at a Mach number of O.85, both wing-fuselage combinations showed 
zero or positive values of 0^^^ through the test angle -of -attack range 

and Mach number range (fig. 7(b)). Low-speed results of reference 10 
agree with the present results of the 6o° triangular wing at the lower 
Mach numbers . 

Lateral force due to rolling .- The variation of Cy^ with angle of 
attack for the two wings are shown in figure 7 (c) . Positive values 
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of Cy eire indicated through the test angle -of-attack range for the 

6o° wing and the effects of the notch are seen to be small. The results 
for the 45 ° (6-percent-thick) wing show positive values of Cy^ at the 

lower angles of attack and zero or slightly negative values at the higher 
test angles of attack. 


Estimation of Rolling Derivatives 

Rolling moment due to rolling .- The experimental variation of C^p 

at zero angle of attack with Mach number is compared with an estimated 
variation in figure 10. The calculEited variation was determined by the 
methods of references 12 and I 5 . The agreement shown is reasonably good 
except for the 45° (6 -percent -thick) wing at the higher subsonic Mach 
numbers where experimental Cjp decreases with increasing Mach number - 

similar to the lift-curve -slope results presented in reference 1. 

A comparison of the variation of C^p with angle of attack as deter- 
mined by experiment and as calculated from available procedures (for 
example, method^ of ref. 11), using the experimental lift-curve slopes 
of references 1 and 2, is shown in figure 11 for the two conf ig\n:ations . 
Estimated values of Cjp at zero angle of attack (refs . 12 and I 5 and 

presented in fig. 10 of this paper) were used in the determination of 
the effects of angle of attack. The quantitative agreement is only fair 
although the experimental and predicted results show about the same trends. 


Inasmuch as the nonlinearity of C^p with angle of attack is 

undoubtedly a fimction of changes in spanwise location of the center of 
load, it would appear that root bending moments would be more appropriate 
than lift data in predicting the variation of Cjp with angle of attack. 

Bending-moment data are not available for either of the wings considered 
herein; however, such data have been obtained (mpublished) for a 45° delta 
wing having an NACA 65 AOO 5 airfoil section. These data were obtained 
in the Langley high-speed 7- t>y 10-foot tunnel by the transonic -bump 
technique up to a Mach number of I.I 8 at angles of attack up to 30°. 

In figure 12 the variation of Cj with angle of attack, determined by 


using bending-moment data instead of lift-cvirve slopes, is presented at 
several Mach numbers. For a Mach nijmber of I.I 8 , Cjp at zero angle 


of attack was determined from reference l4. Also shown in figure 12 are 
experimental values of Cj for the 45° (6-percent-thick) wing at Mach 


nxjmbers of O. 7 O and O. 9 O. The agreement is shown to be better when the 
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predictions are based on bending -moment data rather than lift data (com- 
pare figs. 11 and 12). Inasmuch as the wings had different airfoil sec- 
tions, the agreement may be somewhat fortuito-us; however, the predictions 
are presented herein primarily to give an indication of the behavior of 
at high angles of attack and at transonic and supersonic speeds . 


Yawing moment due to rolling .- The present available method for 
estimating Cn^ through the test angle -of-attack range considers only 

untapered wings (ref. 15) • However, as is shown in reference I5, 

depends upon the rate of change of drag coefficient with angle of attack. 
If the actual rate of change of drag coefficient with angle of attack 
corresponds to that predicted by potential-flow theory 


Cp = 




C^p, of course. 


can be predicted by the potential-flow theories of ref- 


erences 16 and 17. However, if, as a result of nonpotential-flow effects 
(for example, leading -edge separation), the rate of change of drag coef- 
ficient with angle of attack corresponds to the case of the resultant 
force due to angle of attack being normal to the wing chord line at all 
angles of attack (Cp = Cp tan aV Cnp will be equal to f"*^lp 


Intermediate flow conditions will be indicated by the actual drag varia- 
tion with angle of attack in relation to the above conditions. It, there- 
fore, should be possible to determine for any intermediate flow 


conditions if corresponding drag data are available . It should be pointed 
out that a rate of change of drag coefficient with angle of attack equal 
to or greater than that given by Cp = Cp tan a can be obtained without 


the resioltant force being normal to the wing chord during a transition 
between the two types of flow. However, it is the rate of change of drag 
with angle of attack that determines Cj^p. The potential-flow condition 

would seem to be described most accurately for the wings of this report 


by the triangular-wing theory of reference 16, which gives Cnp 



An expression applicable to an intermediate flow condition can be expres- 
sed as follows : 




tan 



tan 


a) - 



( 1 ) 
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where K is the constant of proportionality and can be determined from 
the drag data as follows : 



The local slopes of drag against eingle of attack were measured from fig- 
ure 9* 

Several methods of calculating the effects of angle of attack on 
Cn,p are compared with experiment at a Mach number of O.85 for the two 

configiirations in figure 15. The variation given by equation (l) shows 
the best agreement . Because of the relatively small amount of leading- 
edge suction developed by the wings of the present investigation (indi- 
cated in fig. 9 ), the values of Cnp given by "tan also are in 

good agreement with experiment. The values of C^p determined by using 

reference I5 ( the increment of Cn_ due to tip suction was neglected 

in the consideration herein since the wings are fully taperedy are not 
expected to agree with the results of the present investigation since 
the method of reference I5 was derived for untapered wings } however, the 
comparison is shown herein (fig. 13) inasmuch as it does consider the 
influence of the drag characteristics on Cnp for swept wings. Calcu- 
lations by use of equation (l) are compared with experiment in figure l4. 
Experimental values of C^ and Cp and both experimental and calcula- 
ted values of C^p were used in the calculations . The agreement, when 
either experimental values or calculated values of C^.- are used, is , 

ir 

reasonably good^ and the negative values of C^p shown for the 60^ tri- 
angular wing at a Mach number of O.85 and above a test angle of attack 
of about 10. 5*^ were accurately predicted when experimental was 

ir 

used in equation (l) . 

Lateral force due to rolling .- The variation of Cyp with angle of 

attack is presented in figure I5. The calculated variation, which shows 
good agreement with experiment, was determined by applying the factor k 
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to the linear theory of reference l 6 . The expression for determining 
CYp from reference l 6 , which assumes f\ill leading-edge suction is 



3A 


and, for the case of zero lesiding-edge suction, Cy- would he equal to 

XT 

zero. Therefore, applying the factor K to accoxint for leading -edge 
suction, the expression for determining Cy can be written as follows ; 



where the values of and Cp 


used are experimental. 


(5) 


CONCLUSIONS 


An investigation conducted to determine the rolling derivatives of 
triangular wings, one having a leading -edge sweep angle of 45°, aspect 
ratio 4, and an NACA 65 AOO 6 airfoil section, and the other having a 
leading-edge sweep angle of 6o°, aspect ratio of 2.51, and an NACA 65 AOO 5 
airfoil section, indicate the following conclusions : 

1. The results for the 45° ( 6 -percent-thlck) wing Indicate an appre- 
ciable loss in damping in roll C^p at the higher angles of attack and 

particularly at the higher test Mach numbers; however, no negative damping 
^positive values of damping in roll C^p ^ were encountered within the 

range of variables covered in the tests . Negative damping was encountered 

at values of wing -tip helix angle ^ near zero for the 6o° ( 3 -percent- 

thick) wing at a Mach number of O .85 and at angles of attack above 10. 5° • 


2. For both wings, the yawing -moment-due-to-rolling derivative Cn^ 
was positive over most of the angle -of-attack range at all Mach numbers . 

3 . Notches in the leading edge of the 6o° wing at the 60-percent- 
semispan station eliminated the negative damping /positive values of 

T)"b ' 

damping in roll Cjp^ near zero values of ^ that was indicated at a 
Mach number of O .85 and at angles of attack above 10.5°* 
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if. Semiempirical methods developed herein for estimating the rolling 
derivatives , ^n^^ provide good agreement with experiment 

P ^p P 

for the two triangular wings over the angle-of -attack range and Mach num- 
ber range investigated. 


Langley Aeronautical Laboratory^ 

National Advisory Committee for Aeronautics^ 
Langley Field, Va., December 1, 1953* 
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Lateral force 
Y 




Relative wind 


Figure 1.- System of axes used showing positive directions of forces, 

moments, angles, and velocities. 
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Figure 5 


Variation of mean test Reynolds number with Mach number for 
the two triangular wings. 





- Z..£ notch (Flagged symbols) 



Figure 6.- Variation of C 2 , and Cy with pb/2V for the 60° 

(5-percent-thick) triangular wing. 







• Clean wing 

LE. notch (Flagged symbols) 





LE. notch (Flagged symbols) 



Figure 7*~ Continued. 





LE. notch (Flagged symbols) 



Figure 7*- Concluded 
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Angle of attack deg 

Figure 8 .- Variation of with angle of attack for the 60° (5-percent- 

thick) clean-wing configuration. M = O. 85 . 
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Figure 9-- Comparison of experimental and theoretical drag parameter for 

the two triangular wings. 
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M 



Angle of attack , a ^deg 

Figure 12.- Comparison of experimental and predicted values of C 2 for 

the 45 ° triangular wing and extension of predicted values to large 
ranges of angle of attack and Mach number. 










